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OR TURBINE-BLADE SECTIONS

By Emanuel Boxer, James R. Sterrett, and John Wlodarski

SUMMARY

A method for deslgning shock-free supersonic impulse compressor
and turbine blades In which the blade passage ls essentlaslly the space
between two concentric circles is presented. Since the shock-free super-
sonic flow between two concentric circles 1s a vortex flow, the problem
is one of designing an entrance toc the circular-arc passage which will
convert the uniform entering flow to the required vortex distribution
and vice wversa &t the exit. The coordinstes of many transition arcs
have been computed and sre included in tabular form. The resulting
sections are all relsted to one another so that changes in the design
varisbles can be investigeted independently In cascade and the perform-
ance of a section for particular rotor conditions may be deduced from
tests of representative sectilons.

Three methods of increasing the thickness, particulsrly near the

leading and trailing edges, are presented although not experimentally

investigated. The passage shape was lnvestlgated for 1ts ability to
start supersonically and the maximum design inlet Mach number for
starting was determined for glven vortex-blade parameters.

Cascade test results of four blade passages designed to turn the
flow 120° at an inlet Mach number of 1.57 showed reasonsble agreement
with predicted surface static pressures. The stagnstion pressure
recovery was aspproximately 87.5 percent for all sections.

INTRODUCTION

At the turn of the century, the newly reslized potentialitles of
steam turbines led, among other things, to Intensive emplrical research
into the proper shaping of impulse turbine blsdes or buckets for use
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wlth supersonic inlet velocities. (See reference 1.) The bucket shapes
developed at that time, when little was known about supersonic flow other
than the existence of the Prandtl-Meyer and Rankine-Hugoniot relations,
are still the basis for design of modern impulse steam-turbine buckets
gince no premium has been placed upon achleving the ultimate in
performance. N

The present-day revolution in alrcraft propulsion has brought about
a demend for high-performance compressors and turbines and has instigated
an intensive research in the field of high-pressure-ratlc compressors
and turbines with large flow-handling capacities, small frontal area,
light welght, and high efficlency. With the development of the theory
of the supersonic axlal-flow compressor by Kantrowitz (reference 2) a
new fleld of great promise in compressor research was opened. In par-
tlcular, the entirely supersonic rotor and diffusing stator combinatlon
suggested by Kanbtrowltz and discussed by Ferri (reference 3) holds
promise of pressure ratlos per stage of 6 to 10 with efficilencies
estimated from two-dimensional cascade tests to be between 7O and 80 per-
cent. Part of the problem toc be overcome for compressors of this type
is the design of efficlent rotor-blade sections to turn the alr super-
sonically through large angles with very little or no reaction (that is,
static-pressure rise), a requirement identical to that for efficient
impulse turbine buckets. The understanding of supersonic flow has
progressed rapidly in recent years. Liccini (reference %) has demon-
strated that turning passages very much more efficlent than those cited
by Stodola ere now possible. The anplytical determinstion of the blade
shape for each design by the graphical characteristic method of solution
and check testing in cascade, however, is laborious. The purpose of
this paper 1s to present an anlytical method for the design of two-
dimensionsl related sections such that the selection of a blade for
particular rotor conditions may be mede quickly and easily and 1ts
performance deduced from tests of representative sections in cascade.

The principal part of the turning, In what are called vortex
impulse sectlions, is accomplished by concentric streamlines with a
vortex-type distribution of wveloclty for which an analytical potential-
flow solution of the equation of the characteristic or Mach lines has
been developed by A. Busemann. A transition section st the leading
part is used to set up this vortex flow and is duplicated at the rear
of the symmetrical blade to return the flow to the required uniform
exit condition. The resulting sectlions are relsted to one another sc
that changes in the deslign varisbles, that is, design inlet and exit
Mech nunber, blade surface Mach numbers, and turning angles can be
investigated independently 1n cascade. Inasmuch as most practical
vortex sections contract the flow, 1t was necessary to Investigate
analytically the supersonic sterting problem. In addition, several
methods of thickening the vanishingly thin leading and trailling edges
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which are & result of the assumpbion of shock-free flow are suggested
for practical compressor-blade spplicstion.

The effects of the boundary layer upon the potential-flow solution
were obtained experimentally by several cascade tests of typical impulse
blade sectlions at an inlet Mach mumber of 1.57.

SYMBOIS
A area
Ax area when flow is sonic (for isentropic flow)
a speed of sound
a%* speed of sound at polnt in flow for which the Mach number
equals 1.0
CL 1ift cqeff:_if;_:l_._t&rrt
Cp specific heat st constant pressure
c reduction of maximum flow rate due to curvilinear flow
C¥* nondimensional chord (chord/r¥)
G¥* nondimensional blade spacing (2mnr/nr¥)
K nondimensional vortex constant
k=B [y -1
&g 2
M Mgch number (V/a)
M* nondimensional velocity ratio (V/a¥)
m rate of mass flow
m/r¥ mass-flow parameter
n nunmber of blades in a rotor
D static pressure
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R¥*

X*%

Y¥*
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stagnation pressure

vortex-flow parsmeter

radiua from center of rotation of a rotor

radius of sonic velocity streamline in vortex field
radius in vortex field

nondimensional radius in vortex field (R/r*)

radius ratio (R¥/Ry*)

projection of sdded thickness normal to axial direction
(fig. 9(b))

temperature

rotational wveloclty of rotor

component of velocity in x direction

component of veloclity in y direction

veloclty

maximm velocity of flow for given stagnhation conditions

NS

nondimensional distance in x direction (x/r%)

nondimensional distance in y direction (y/r*)

Inlet-flow angle, angle between relstive flow and normal
to rotor leading edge )

ratio of specific heats
leading-edge wedge angle
turning angle

Mach angle

supersonic .property angle, angle through which flow must
expand from M = 1.0 +to given Mach number

N
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¥ ratlo of average outlet velocliy to inlet velocity

o} density

g solidity (C*/G*)

¢ angle between vortex radlus vector and x axis, measured
positive clockwise

¢' dlrection of flow in vortex fleld, measured positive clock-
wise from x axis

P3/Po stagnation pressure recovery

Subscripts

a sxial direction

e entrance condition

i undisturbed inlet condition

1 lower or concave surface

u upper or convex surface

0 stagnation

8 sonic

2 exit condition

A prime mark denotes conditions after normal shock.

Blade-Section Development

To turn a gas flow through the lsrge angles necessary in supersonic
compressor- or turbine-blade passages, & vortex type of flow can be
utilized If the inlet surface is properly shaped to convert the uniform
Inlet velocity into that corresponding to vortex flow and wice versa at
the exit. The desirability of using a vortex type of flow 1s evident
when 1t is realized that the maximmm locading for a glven peak surface
pressure 1s achieved by uniform upper and lower surface pressures attained
through the use of vortex flow. The lsbor involved in cobtaining a solu~
tion for .a blade profile is reduced because for vortex flow the equation
of the Mach lines can be found and, as wlll be shown, only the transition
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arcs need to be determined. The fact that the blades so developed are
part of a related famlly is advantageous.

Supersonic vortex-flow theory.- As is well known, (for example, see
reference 5), supersonic vortex flow is an irrotational flow the stream-
lines of which dre concentric cilrcleg; with a constant velocilty along
any particular streamline. The veloclity in turn varies inversely with
radius.

The general vortex equation

VR = Constant

can be rewrltten

Constant -

e 1.0

MAR¥ =

Restricting the flow to the supersonic realm will limit R¥ +to values

7 - 1
y + 1
flgure 1. Since the magnitude of the wvelocity and 1ts direction is
known at any point, the inclination of the Mach waves through any given
point mey be determined as a function of R¥* as shown subsequently.

between and 1.0 with a flow variation shown schematically in

Since the velocity is normal to }he radius (see fig. 2), the Mach
wave inclinstion is @' * p or § + stu where

1
= gr¢ 8in =
W = arc sin 2
and
_ oMKe
(r +1) - (y - 1)Mx2

(7 + DR*® = (7 - 1)
2

8o that the Mach wave inclination is @ + -;— * arc sin

The equation of the Mach lines may be found by integration since the
slope 1s a function of ¢ and R¥. The resulting integral equation has
been solved in terms of M¥. Rather than develop the direct solution,
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use may be made of the fact that the Mach lines are characteristic lines
and that a functional relstion between veloclty direction ¢' and
veloclty ratio M¥ exists along a cheracteristic line (equations 81

and 89, reference 6). Since M* = Ri*’ the equation of Mach lines can
be written in polar form as

¢=% ;+§'_arcsin|:7—l) ]+

arc sin{(y + l)R*2 —2, + Constant

The foregoing development ls based ﬁpon work done by A. Busemann
(unpublished). The Mach wave network in the supersonic vortex field
for 4° incremental changes in the wvalue of the constant is shown in

figure 3 as originslly prepared by Busemann.

Generation of transition arcs.- The flow entering a blade section
agsumed to be uniform, supersonic, and of constant entropy must be
deflected by uniquely shaped boundaries to set up the desired vortex-
flow pattern. In the following exposition, 1t is convenlent to discuss
the flow in terms of flow direction, @', and the property angle, V.
Tebles of functions for two-dimensional flow of & perfect gas have been
published in many texts, but, for ready reference, the values of M,
M¥, p, and R¥* as functions of Vv for 7 = 1.40 are presented in
table T.

The inlet value of YV, must be reduced by means of compression
waves to the selected value of V; on the concave surface and generally
increased through expansions to the value V,; on the convex surface of
the vortex part of the blade. Along a line where ¢' = 0, compression
waves (shown in fig. 4 as solid lines) have a negetive slope and expan-
sion waves (shown dashed), a positive ome. The flow (see fig. L) must
be normal to the radial line through the initial point of the most
clockwise-spaced concentric arc. Since both surfaces must turn the
flow an equal amount,

Vo = VI + AP = vy - Ve

or

o6 = vy + v, - 2V
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where A¢ 1s the displacement angle between the initial polnts of the
concentric arcs.

If the start of concave circular arc 1s assumed to be on the
¥y¥ axis, then the true vortex flow is bounded by the circular-arc
surfaces and the expansion wave through ¢1' = 0 on the concave surface
and the compression wave which passes through @,' = A% on the convex
surface up to their point of intersection. Along these principsl char-~
acteristic lines (heavier lines in fig. 4), the slope of the crossing
characteristic or Mach wave and the flow dirgction is known at every
polnt. There are expansion waves of total strength v,; - ve crossing
the principel compression characteristic and total compression wave
strength of Vg - v, crossing the principzl expansion characteristic.

From the theory of chsaracteristics as applied to supersonic flow,
the directlon and veloclty of the flow are known to vary only across a
characteristic line. When characteristics are glven a finlte strength,
the solution of a flow problem takes the form of a network of quadri-
laterals. The flow parameters wilthin each quadrilateral are assumed
constant. Thus, in the present problem, the transitlon arcs are
generated by stralght-line elements parallel to the flow within the
adjacent quadrllateral or triangle formed by the principal end crossing
characteristics and the transition arc itself starting from the circuwlar
arcs at f4' =0 and @,;' = AP and proceeding in the counter-clockwise
direction until parallel with the inlet flow. Where necessary, for
example, nonsymmetrical sectlons, the exit traneition arcs at the tralling
surfaces of the blade are generated in a like manner about a radius
labeled ¢l' = 0 with the exception that signs of all flow angles g

are changed.

An 1llustrative exsmple of a particulsr design is shown in figure k
for an assumed inlet Ve of 8% and vy and v, equal to 0° and 20°,

respectively. In each bounded reglon of fldw there appear two numbers,
the upper one of which 1s the flow direction @', the lower one the
property angle V. The strength of each wave is taken to be 2° so that
the transition arc is composed of straight-line elements deflected 2° at
the intersection with a characteristié line.

The coordinates of a number of transitiom arcs obtalned algebraically
for small increments of § are presemted in table II for convex surfaces
end in table III for concave surfaces. Each of the arcs originates on
the y¥* axis for which ¢' = 0 and its length 1s dependent upon the
inlet value of V. The range of values of vg, V3, and v, Dpresented
1s thought to cover foreseeable applications for turbine- or compressor-
blade section.

L "
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Blade-section layout.- The shape of any particular section is a
function of inlet and exit Mach numbers as well as total turning angle
end Mach number on the circular-arc surfaces. For a symmetricel profile,
the turning angle 6 18 equal to twlce the air inlet angle Be. The
concave and convex clrcular arcs subtend cenbtral angles of & -.2(ve - vz)
end @ - 2(vy, - Vg), respectively.

Once the deslgn psrameters have been selected, the flow channel
can be constructed quite simply. The circular-arc radius for the
gelected velues of V; and V,, are obtained from table I and the
coordinates of the transitlion arcs are computed from values given in
tables IT and ITT transformed by standard trigonometric means through *
an axis rotation of 6/2 + (V1 - Vo) and 6/2 + (Vg - V) degrees for
the concave and convex surfaces, respectively. The convex transition
arc is extended by means of a straight line parsallel o the inlet or
exlt flow direction to the rotor leading- or trailing-edge line. To
obtain the blade form, the comnvex surfece is displaced a distance G¥%,
a8 shown 1n Tigure 5, so that the two surfaces are tangent at the leading
and traelling edges. Exsmples of several symmetrical blade sections
obtained in this manner are presented in figure 6.

Agymmetric sections may be designed similsrly by treating the inlet
and exit sections as separate leyout problems. To obtain a sharp
trailing edge, the exlt area normal to the flow can be obtained from
the familiar cascade relation

As cos Be
E; = cosfﬁe - 65

To satisfy the equatlon of continuilty, the Jesign exit value of v must
correspond to that of an isentroplc area change AQ/Ae.

Although a flow passage can be comstructed for any selection of
flow parameters, provided that the sum of transition turning on either
surface does not exceed the total turning angle deslred, there are
solutions for which a compressor- or turbine-blade section does not
exlist becsuse the surfaces are interchanged resulting in negetive thick-
ness. For most practical selections of Vi, wWw,;, and 6, however, no

difficulty i1s encountered.

Not only the blade shape but the solldity o as well 1s predeter-
mined by the selection of the surface Mach numbers for a given rotor
design. The solidity of a symmetrical blade can be determined analyti-
cally without the necessity of graphical comnstruction. The necessary
equations to find the solidity of a bhlade are given in appendix A.
Since the mechanical design of a rotor due tc blade-hub sttachment
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difficulties as well as the aerodynamic performance depend upon solidity,
figures 7 and 8 have been prepared for 1llustrative purposes. The
varlietion of solidity with turning angles for the case where

Ve = %(vu + Vi) and each property angle is constent in turn 1s presented

in figure 7. Figure 8 presents results for the case where the inter-
dependence of the property angles is removed. The lowest solidities
are achieved when the divergence of surface Mach numbers or loading is
greatest. TFor preset surface Mach numbers the solidity 1s affected
slightly by a variation of inlet Mach number.

From the aerodynamic stendpoint, low solidity is desirable because
of lower total frictlonal losses; however, separation lossesg and out-
let flow-divergence angles will undoubtedly be greater as the pressure
rise on the convex surface at the exit transition sectlion becomes greater
at low solidities. The designer's selection of a reasonasble solidity to
yield the highest efficlency is facllitated by the use of vortex sections
since the profiles are relsted toc one another and therefore performance
egtimates may be made by interpolation of the results of cagcade testis
of representatlve sectlions.

Method of Cresating Finite leading-Edge Angle

For use in & practical compressor or turbine the supersonic vortex
sections have a serious disadventage because of the extremely thin
leading edges which are subject to rapid wear due to high-velocity solid
particles in the stream and to deflectlon due to the pressure differential
exlsting on the two surfaces. This difficulty may be circumvented by
the means outlined subeequently to create a Ffinlte wedge angle at the
leading and tralling edges.

Subsonic axial velocity component.- Kamtrowltz (reference 2) has
shown that for subsonic axial veloclties when expansion wavea sre
generated along the enmtrance region (in this case the forepart of the
convex surface)} an cblique compression shock of strength equal to the
total expansion strength will be created to obtain a steady-state condi-~
tion. A small angle wedge therefore can be placed on the convex surface
followed by elther an expansion corner as shown in figure 9(a) or a
convex arc so placed thet all the expansion waves are upetream of the
following blede. The expansion waves originating at B and the compres-
sion shock from A belng of the same family will effectively cancel each
other a short distance upstream of the cascade for axial velocitlies near
sonic. The wave pattern in figure 9(z) composed of finite-strength
expansion waves 1s seen to be completely cancelled within the confines
of the figure for a group of blades. As in the case of an 1solated
airfoll in supersonic flow, the waves cancel completely only et an
infinite distance from the source of disturbance so that in reality it
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is only at a great distance from the cascade that the undisturbed Mach
number is My. As the fluid approaches the cascade it osclllates with
increasing amplitude about M; as & mean. At the entrance the flow is
turned and expanded to the inlet value Mg different than My to
satisfy the equation of comnbtimuity.

The graphical procedure used to determine M; 1s outlined 1in
reference 2; however, the accuracy of the method is limited and it fails
in solving the inverse problem of interest to the compressor designers,
nemely, that of determining Mg and Be when M; and B4 are given.

A simpler method capable of analytic solutlon 1s presented. When
the oblique shocks are assumed to be relstively weak, the flow process
may be regerded as isentropic. The last infinitesimal strength wave in
the expansion fan about B +to be cancelled (see fig. 9(b)) will be the
Mech wave assoclated with the undisturbed upstream Mach mmber Mj. If
‘that Mach wave is BD, then a line FD vwhich 1s tangent at D +to the
limiting streamline AC entering the passage must be parallel to the
direction Mj;, and the area normal to the flow across BD 1is equal to
to Aj. The extension of line FD willl pass through point E, since &
line joining the points E and B 18 parallel and equal o G¥.

Because AC 1s a streamline and the flow in the expansion fan 1s
isentropic, the change 1n flow direction Bi - Be mst equal Vg -~ vq
to satisfy the equation of continuilty.

To solve the problem anslytlcally, B can be shown to be a func-
tion of Mach number since

Ae (G* - %)cos Be (1 t)cos Be

By © 7 G¥ cos By ~ G¥/cos By
and
L
L
y+ 1 -1 2\7-1
he _he px Mp¥(TH - m WF
Ay~ A¥ Ai—Me*\7+l_7—lMe*2
\ 2 2

Use may be made of the values of v and ﬁ? as 8 function of Mach

number tabulated, for example, in reference 6 to determine the desired
unknown through e trial-and-error selectlon of ‘Mach numbers. Since the
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solution is a function of t/G*, the wedge angle 1s not uniquely deter-

mined. Care should be exercised in selecting a sultable angle such

that the shock 18 sttached end the position of the expansion corner -
rermits the last wave of the fan to precede the following blade.

Another method utilizes s shock wave originating at the leeding
edge of the concave purface which will frll inside the passage and
therefore will not affect the flow upstream of the leading edge. The
value v (see fig. 9(c)) can be obtained from the obligue-shock equa-
tions (reference 6} when - vy and wedge angle 8 are known. The points )
A and B are the start of the transition arcs of a passage designed
for an inlet Mach number equivalent to v and for a turning angle
6 = 2(By - &) for a symmetricael section. From the point A, a straight
line tangent to the transition arc 1s projected far enough forwasrd so )
that the shock wave caused by deflecting the flow at point C Intersects N
the point B on the opposite surface. The line BD 1s parallel to My
creating an exterior corner of 8° at B. The basic leading-edge shape
for Vv, 18 irndicated by EAF. : : . :

From practical considerstions, the wedge angle & should be falrly
gmall to yleld a range of rotational speeds for which the shock will be
attached as well as alleviating the possible flow separation at B due
to shock - boundary-layer interaction.

Supergonic axlsl-velocity component.- When the axial component of T
the relative veloclity 1s supersonic, another method of creating a e
leading-edge wedge 1s to have the shock orilginate on the leading edge
of the convex surface by taking care to select a wedge angle sufficiently
small to insure the shock location within the passage (see fig. 9(d)).
The passage in this case 1s designed for an inlet Mach number equivalent
t0 Ve and & turning angle 8 = 2(B3 + 8) for a symmetrical section.
The surface AC 1s parallel to the undisturbed inlet veloclty M; and
at A the surface is turned sharply to cancel the leading-edge shock.
The thinner boundary layer at A, as compared to that at point B
(fig. 9(c)}) and the centrifugsl force will materially aid in preventing
flow separation on the concave surface at A. For this reason the
performance would be expected to be superior to the second subsonic
exlal~veloclty-component case.

|

For the symmetrical sectlon, the sharp corners at the trailing
edge will glve rise to tralling expansion waves gnd oblique shocka. To
a first-order approximation the exit Mach mumber will equal the entering
M; &and the turning angle € = 28; for a true impulse condition.
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Considerstion of Starting Contraction Ratio

In the design of a passsge for supersonic flow, it is important to
examine any converging portion to insure that superscnic flow can be
started (see reference 7). Most practical vortex sections contrect the
flow. In this discussion, consideration is given only to those cases
Wwhen the minimm ares occurs between the concentric circulasr arcs. For
given values of vy and v, it is possible to determine anaslytically
the greatest design value of vg for which supersonic flow starts in
the passage. The flow can not be assumed one dimensional as 1n refer-
ence 8 because of the large velocity gradient between the channel walls.
Since the starting Mach number depends both upon the stagnation-pressure
loss through the normal shock and the maximum mass flow through the
minimum section, the reduction of mass flow due to curvilinear flow
must be obtained. The maximum inlet-design Mach mumber will therefore
be that design valuve of Mach number for which the maximum rate of flow
can be accommodated when the normal-shock loss and the large velocity
gradient in the concentric-arc passage are taken into consideration.

When a normal shock 1s assumed to be spanning the entrance at the
ingtant of sterting as shown in figure 10, the gain in entropy through
the shock will be constant so that the flow downstream of the shock will
still be irrotational. TIf the,circular portion of the passage is suf-
ficiently long, a vortex type of flow will be genersted. The vortex
equation expressed nondimensionally (developed in appendix B) is

7y - 1
2

s 8 = K = Constant
8o

The immediste problem is to determine the constant K =X .. for
which the rate of flow is a maximum for & given redius ratio and stagnsa-
tion conditions. The derivaetlon of the necessary equation is presented
in appendix A and the resulting values of Ky,, as a function of the
ratio of the concave to convex radius is given in figure 11. The reduc-
tion in maximmum mass flow C compared to thet in a one-dimensional
passage of width equal to the distance between the two radii is pre-
sented 1n figure 12. _ h

The mass flow in the passage at the instant 6f starting when the
normal shock spans the inlet ie equal to the flow rate when started.
The physical area contraction as & function of inlet Mach number and

vV, &and v] may readlly be determined for the started condition. If

equated to the maximum contraction ratio for starting, when the flow
reduction factor C 1is taken into considerstion the meximm selected
value of Vg, for which the passage can be designed to start, can be
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found. The derivation of the equations and method of attack are ocutlined
in sppendix C. The 1limiting vaelues of inlet Ve as & function of Vi
and V,; cealculated as indicated in appendix C are presented in figure 13.

The 1imiting inlet Mach number, however, is not valid for the thick-
ened leading-edge sections which need to be investlgated individually.

Experimental Apparatus and Procedure

The blade models are mounted between glass slde walls 1n the test
sectlon of the 2%-—by 2-inch supersonic cascade tunnel (fig. 14). This

tunnel is a closed-return type in which the flow is produced by a
compressor previously used as a supercharger on a V-1650-7 Packard air-
craft engine. The power to operate the compressor is furnished by a
300~horsepower direct-current motor. Upstream of the test section ias a
2k~ by 2h-inch settling chamber containing three sets of fine screens.
Downstream of the test section is a two-dimensional diffuser of approxi-
meately 6° divergence angle followed by return ducting incorporating two
alrcraft type of water-cocled radiators to conmtrol the alr temperature.
An air bleed-off velve 1n the settling chamber is used to control the
settling-chamber preasure at from 1 to approximately 2 atmospheres. All
tests herein reported, however, were made with atmospheric stagnation
pressure. Schlieren photographs of the flow were made with the use of
the usual two parabolic mirror systems.

Two blades forming one passage were used per set. The passage
contours are accurately machined 4o a tolerance of 0.002-inch. In
order to gain structural rigldity near the leading and tralling edges,
the outer surfaces were arbiltrarily designed to have finite edge angles
and therefore the blade profiles are not similar nor do they represent
any vortex section.

A view of the test section with one sidewall removed 1s presented
in figure 15. The asymmetric supersonic nozzle was designed for an
exit Mach number of 1.57 equivalent to & v of 14°. A solid wood
fairing on the convex slde and a flexible, adjustable extenslion on the
concave side were used to gulde the flow ocutside of the test passage.
The blade models, of 2%-—inch span, were mounted on dowel pins press-
fitted into bushed holes in one of the glass windows. The angle of
attack of the blades could be varied with respect to the nozzle by
rotating the gless. 1In this way the Mach number entering the passage
could be varied within limits Imposed by the appearance of detached bow
waves on the leading edges.



- 15

NACA RM I52B06

Four sets of blades of different scliditles were chosen for testing.
Figure 16 is a photograph of one of these blades showing the static-
pressure orifices and scratch merks used to create Mach wave dilsturbances
in the flow. All of the blades had a turning angle of 120°. Solidities
and the theoretical Vv values for the concentric axis and entrance
conditions are as follows:

Vl . 'Uu Ve
Blad Solidit Fi
© | (aer) | (aer) | (ace) ome gire
I 8 20 1k 5.69 6(b)
IT L 2k 1k 3.6k 6(c)
IIT o] o8 1k 2.59 6(a)
v o) o) 13 2.70 6(e)

In order to prevent the familisr condensatlion shock phenomenon
caused by expanding moist s&ir, the settling-chamber {emperature was
maintalined at a high temperature by manual regulation of the cooling
water flow. The operating compressor-pressure ratio for any configura-
tlon was obtained by iIncreasing the motor speed umbil all test section
pressures remained unchanged with a further increase in speed. Total
and statlc pressures were measured insidd the passage Just before the
end of the concave blade either by single- or miltiple-tube probes.
Flow surveys were made at several spanwise stations for several inlet
Mech numbers. Chordwlse static-pressure orifices were located at the
midspan of both passage surfaces. In addition, three spanwise static-
pressure orlifices on both surfaces were located at the chordwise posi-
tion where the survey measurements were made. The inlet total pressure
and temperature were measured in the settling chamber. All pressure
mesasurements were recorded by photographing a multiple-tube mercury
manometer.
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RESULTS ARD DISCUSSION

The figures and tables presenting the test results for the four
passages are tabulsted below:

Blade
Type of data I II ITT. v
Figure
Statlic-pressure
distribution 17(a) 17(b) 17(c) 17(a)
Schlieren photographs 19 20 21 22
Total-pressure : .
recoveries 18(a) 18(b) 18(¢<) 18(a)
Table
Welghted average total- Iv(a) IV(b) IV(c) " 1v(a)
pressure recoveries
L 4

An examination of the stagnation pressure recoverles at the exit
of the blade passages (fig. 18) makes it obvious that the flow is not
two dimensional. The boundary layer has "piled up" in toward the center
of the convex surface. As in reference L, there is evidence of circula-
tory boundary-layer flow down the side wall to the convex surface and
inward toward the center of the convex blade. An explenation of this I
phenomenon can be deduced by a consideration of the centrifugal forces
and boundary-layer effects along the slde wall. Out 1n the free stream,
the centrifugal force caused by curved streamliines 1s just balanced by
a positive pressure gradient (toward the concave surface). In the wall -
boundary layer, however, this pressure gradient is greater than the
centrifugal force; thus the flow moves down the side walls and inward
on the convex surface. For low-asgpect-ratloc blades such as for these
teats, the side-wall boundary-layer inflow effects are felt completely
across the span at the exit of the blades. Two-dimensional flow at
the spanwise center of the blades could be more closely approached by
using large-aspect-ratio blades to minimize the extent of this boundary-
layer inflow. The size of the existing equipment, however, prevented _ }
the use of large-aspect-ratio bladées. In an actual rotor, centrifugal -
forces. also exist in the spanwise direction and therefore the results
of these tests should be considered only as conservative indications
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of the performance of blades 1n an actusl rotor. The fact that the flow
is three dimensional in character in these tests should be kept in mind
when Inspection is made of the schlieren photogrephs.

An Interesting experiment which shows the effect of this boundary-
leyer inflow was conducted by placi two boundary-lsyer fences on the
convex surface of blade II, placed 1/k inch from the glass wall. Each
fence consisted of a thin plate l/h inch high and extending from 10 to
100 percent of the chord. Comparing the pressure recoveries near the
convex surface of this modified blade (fig. 18(e)) with the same blade
(£fig. 18(b)) shows that the fences have reduced boundary-layer accumile-
tion and separation. These particular data should be considered prelim-
inary in nsture as static-pressure measurements necessary to correct
for shock losses were taken only at the blade surfaces.

Blade I was tested at a slightly higher than design inlet Mach
number. Thils higher inlet Mach number was necessary to prevent shocks
1n the outer channels, caused by the configuration of the tunnel, from
extending shead of the blades. The static pressures on the surfaces of
the blades were higher than design. This effect may be due to the
thickening of the boundery leyer in this nsrrow channel. The pressure
rise at the rear part of the passage is explained by the slight flow
separation on the convex surface as seen from the schlieren photographs
(fig. 19(a)}), and the consequent diffuser effect due to reduced flow
areas. .

Static-pressure dlstributlons on passage IT are in good agreement
with the predicted values except at the rear part of the blade where
geparation had its usuasl effect. A study of midspan pressure recoveries
indicated a decrease In pressure recovery at the convex wall for an
increase of inlet Mach number corresponding to a change of v, of 10,
(fig. 18(p)).

Supersonic flow in the passage formed by blade IIT could not be
started at the design inlet Mach number of v equal to 14°. The inlet
Mach number had to be increased to v value of approximately 18°.

Figure 21(a) shows a schlieren photograph of the passage in an unstarted
condition. All data presented for this blade were teken at an off-design
inlet Mach mumber. As seen from the schlieren photograph in figure 21(b),
the boundexry layer separated from the convex blade surface at approxi-
mately the 30-percent-chord station, but was apparently reattached a
short distance downstream in a manner typlcal of laminar boundary layer.
The usual three-dlmensional-flow effects are noted from the schlieren
vhotographs and pressure recoveries.

In figure 13, it can be seen that, for a Vv, of 28° and a v; of

0, the maximum design entering Mach number is 14.4°. Blede ITT, there-
fore, should start at its design inlet Mach number of Vv equal to 14°.

R adimiade

L



18 e A NACA RM L5ZB06

In the derilvatlons of the equations used to plot figure 13, however, the
effects of the boundary leyer have been neglected. The presence of
boundary layer or flow separetion would decrease the maximum mass flow,
and thus decrease the maximum design entering Mach number. Since

blade IIT was designed with an entering Mach pumber very close to the
1imit, 1t is not surprising that viscosity effects prevented it from
starting at a v of 14°.

The inlet Mach number for blade IV is greater than design by the
equivaelent of a change in v of 2°. RNoeing down the blades, however,
caused the strong shock in the outer bypass channel to extend ahead of
the convex-surface blade. Whether this result was caused solely by the
tunnel configuretion or by the fact that the passage would not start at
a lower Mach number was not determined. It should be noted that this
blade 1s designed close to the limiting design meximum inlet Mach number.
The static-pressure distributlon is in reasonsble agreement with pre-
dicted values except for the effects of boundary-lsyer accumulation
and separation &t the rear of the passage.

The varietion of the mass-welghted stagnatlon-pressure recovery for
all blades was small. (See table IV.) An approximate average recovery
of 87.5 percent was obtained for all sections tested. Examination of
an individual passage shaws & large variation of pressure recovery at
the varlous span positions which 1s caused by three-dimensional flows.

A comparison of the blade loading oC; for the four blades given
indiceates that the experimental loading is spproximately 90 percent of
the theoretical value except for blade number I in which the excellent
sgreement should be dlsregarded in view of the marked divergence between
predicted and measured pressures.

oCr,
Blade
Theoretical Measured
I 1.77 1.77
II 1.68 1.50
III 1.71 1.54
v 1.76 1.62

Schlieren photographs shown in figures 19 to 22 give an indication
of the flow condition in the blade passages. It is interesting to note
in figure 19(c) and figure 22 the close correlation of the theoretical
vortex-wave pettern, shown by the dotted line, and the actusl resulting
waves. The shock waves at the leadlng edge and in the passage are known
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to be weak. This weakness 1is aspparent by the rapid dissipation of the
downstream reflections and the "roof top"” behavior of the boundary layer
upon meeting the shock wave on the convex blade surface. This phenomenon
is typical of a laminsr boundary lsyer, that 1s, rapid thickening and
separstion of the boundary layer upstream of the shock and creatlon of
expanslion waves as the boundary layer is rapidly thinned behind the
shock. The magnitude of the increased boundary-layer thickness, for
such flows, 1s a functlon of shock strength (reference 8).

The existence of compression or expansion waves at the exit of the
passage can change the boundary layer upstream in the passage, and thus
to some extent affect the separated region in the passage. This phenom-
enon acts much the same as the shock before the head of the total-
preasure probe in figure 19(a)} which causes the boundary layer to thicken
upstream. Although it was lmpossible with the exlsting equipment to
change the downstream pressure appreclably, the downstream pressure could
be varied somevhat by moving the flexible wall. An example of this
result is shown in the schlieren photograph in figure 19(c) where the
angle of the trailing-edge shock has been changed approximately 10° and
the flow leaving the blade 1s closer to the required exit direction. No
apprecigble changes were noted in the pressure recovery due to changing
the downstream pressure by this method.

The results of the four~blade passages followed simllar trends wilith
smell variations in over-all results. In general, the discrepanciles
between theoretical and experimental pressure distributlons may be
explained by the boundary-layer inflow and flow separation. These two
effects acting together caused the pressure to rlse in the region of the
tralling edge. The data indicate that these discrepancies could be
reduced by using sultable devices to minimize the boundary-layer inflow
from the side walls. Very little datas are avalleble to compare with
the present results In order to determine whether the vortex-blade
gections are as efficient as any other type. OSome data are contained
in reference L, in which a pressure recovery of 95 percent was experi-
enced for a 90° turning passage of solidity 3.12, an inlet Mach number
of 1.7, and designed for a static-pressure drop across the blade row.
The data ere not exactly comparable because of the difference in turning
angle, Reynolds number, and aspect ratio. Stodola (reference 1) presents
steam-bucket performance in terms of the velocity ratio V¥, which is
equal to the ratio of the averaege outlet wveloclty to the inlet velocity.
The value of ¥ from the present tests 1s approximately 92 percent;
vhereas the upper limit for the data in reference 1 is about 80 percent
when the Inlet and outlet statlc pressure are assumed to be equal.

Moving the concave blade of set I away from the convex blade along
the chord bisector line in order to determine what effect misalinement
would have on the performance reduced the midspan pressure recovery from
95 to 84 percent for the condition shown in figure 23. The reason for
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this result 1s obviously due to the large separation and standing shocks
in the passage. _The results of this part of the investigation point out
the desirability of aerodynamicelly designing the passage even though
the behavior of the boundary lsyer modifiled the predicted resulis.

CORCLUSIONS

A methced for designing shock~free supersonic impulse compressor
and turbine blades in which the blade passage 1s essentially the space
between two concentric clrcles i1s presented. Since the shock-free
supersonic flow between two concenitric circles is a vortex flow, the
problem 1s one of designing an entrance to the clrcular-arc passage
which will convert the uniform entering flow to the required vortex

distributlon and vice versa at the exit. The coordinates of many transi-

tion arcs have been computed and are included 1n tabular form. The
resulting sections are relsted to one dnother so that changes in the
deslgn variables can be investigated independently in cascade and the
performance of a section for particular rotor conditions may be deduced
from tests of representatlive sectlons.

Three methods of increasing the thickness particularly near the
leading and trailing edges are presented although not experimentally
investigated. The ability of the passage to start supersonicelly was
investigated and the 1imiting design inlet Mach number for starting
was determined for given surface Mach numbers.

Four different blade passages designed to turn the flow 120° were
investigated 1n cascade at & Mach number of approximately 1.57. The
specific conclusions resulting from such tests are as follows:

1. The chordwise static-pressure dlstribution agrees reasonably
well with design values. The discrepancies sre explained by side-wall
boundary-layer accumulation and flow separation.

2. The cascade flow was not two dimensional because ‘of the circula-
tory boundary-layer flow. '

3. The weighted stagnation pressure recovery for the entire span
is approximately 87.5 percent for all sections.

L. There is 1little data to indicate whether these pressure
recoveries are better or worse than sections differently designed
although the recoverles are superior to any of the steam turbine bucket
results reported by Stodola. ' ' ”

5. The desirsbility of aerodynamically designing the passage 1is
borne out by the results obtalned when the blades are incorrectly spaced.
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Future research on the vortex impulse sectlions to determine the
performance for a range of deslign varlables and effects of leading-edge
thickness should be undertaken because of the promising results obtained.

Langley Aeronsutical Laboratory
Natlonal Advisory Committee for Aeronautics
Langley Fleld, Va.
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APPENDIX A
CAICUIATION OF THE SOLIDITY OF A SYMMETRICAL BLADE

The solidity of a symmetrical blade can be determined analytically
by using the equations developed in appendix C. Equation (C7b) in
appendix C can be rewritten

A;*‘EF %—fg R1* - Ry¥) (A1)

From figure 5, 1t can be seen that

G* = __Befr* (A2)

e

or for a symmetrical blade since & = 2B,

Ae/r*
¢ = <55 672 (A2a)
Combining equations (A2a) and (A1)
e - Ao O(Ra* - Ry*) (13)

B os 8/2

For a symmetrical blade, the equation of the symmetrical axis (see fig. 5)
is

X ctn[e:/2 - (ve - vl_)] + Y% =0 (ak)

where the X* and Y¥* axes are as deflned for tables II and III.

The perpendicular distance from this axis to the end point Xl*,
Y4* of the concave surface can be shown by analytic geometry to be
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Qai = Xq* cos[% - (ve - Vlj] + Y ¥ sin g- - (ve - Vlﬂ (85)

When equations (A3) and (A5) are used, the solidity for a symmetrical
blade is thus given by

- % 8 % 6 ]
2Xl cosls - ("e""l +Yl sing— (ve-vlﬂ cos 5

o=

(A6)

A
% Q(By* - Ry¥)

which can be easily solved by using values from table IIY, (fig. 24)
and the values from the followlng equation which have been published
in many texts (for example, reference 6).

+1
2(7-1)
1
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APPENDIX B

CAICULATION OF THE REDUCTION OF THE MAXTMUM RATE OF

MASS FLOW DUE TO CHANNEL-WALL, CURVATURE

For most practical cases, the minimm passage width which pre-
determines the meximum rate of mass flow for glven stagnation conditions
of pressure and tempersture occurs between the concentric circular-arc _. .
portions of the throat. When only this curved region of flow is con-
gidered, the boundary layer being neglected, an expression may be derived
by expressing the reduction ln the maximum rate of mass flow due to o
channel-wall curvature as a function of radlus rstio.

When the normal shock spanning the entrance to the blade passage
is assumed to be of constant strength (fig. 10) the flow within the
passage can be considered irroctational, wlth a greater enbropy than ———
that upstream of the normal shock. TFor the flow to be lrrotational
and in radial equilibrium downstream of the shock 1f bounded by suf-
ficlently long concentrilc-circular walls, it must satisfy the vortex
equation :

VR* = Constant (B1)

Since the flow is adiabatic and isentropic

y p.Y__7 P (B2)
y-1p 2 7 -1pg
and
P’
£ === : : (B3)
p Po! )

combining equations (BlL), (B2), and (B3) and solving for p gilves

1 S\
o = pore_ - .7% v2)7-l = po'<l - _k_.?)‘)’-l (BY4)
2a, R¥®
Yy - 1 VR* ' -
where k = 5 and pPg equals ‘the stagnation density behind the
o]

normsl shock.
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The mass flow parameter wm¥ 18 therefore

1 e,
Rq¥* R+%* o\y-1
m 1 1 k ‘f 2 k
¢ = — = oV dR¥ = p 1l - — ——— a_ =z dR¥* (B5)
t Ry % * o( R*Ey 7 -1 °oR¥

for 7 = 1.4, equation (B5) is reduced to an analytically integrable
egquation such that

o R*Z - ke)T/E o (a2 . k2)3/2 ) (px2 - )2
m* = p Y5 ka - = - = -
° © SKZR% 15 R*3 > R
5 1/2 Ry¥
R¥* (r22 - ]2‘2) + logE* + (r%? - k2)l/€| (B6)

For all real flows, k 18 less than R¥. In order to determine kpgx,
that is, that value of k which will yield the maximum rate of flow
between R1* and R,¥, equation (B5) is differentiated under the

integral sign and equated to zero; thus,

% 2-7
eme _ oo 2 o 1) o KB f_xB\7-1
dk ° ¥y -1 * 7 - 1 ge3 R%4,

o \=r
1 k= \7-1
— = * =
e
for y = 1.4
Rqy*
2
dm* | m* . (rx2 - 1) /
e =T{——-poﬁa.o = (BT7)
R Ru*
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In ordexr to reduce the labor involved in determining the wvalue of k
for all possible values of R1* and Ry¥*, equation (Bl) msy be made
nondimensional.

r -1V
5=ac e =K (B8)
where
R¥ Ry* k
= o x g8, = 1.0 Bu T 7 K‘_=—¥
1 1 Rl* Rl

Equation (B7)} is now

(2 - Kmaxz)T/E ] (=2 - Igmx2)5/«’3 _ —2-&2 } Kmax2)3/2 —
Kipex®” s? Y =
)\ (32 . Kmax2)1/2 ] 5(52 ) Kmxg)l/a .
5 8 x2
1.0

The resulting values of K., for a2ll possible radius ratios are
presented in figure 11. '

Equation (B6) mey be rewritten

) %2)5/2 1.0

= (B9)

2
m* = |5 06'a Kmax KF

8u

The maximum one-dimensional mass flow through a passage of width equal
to distance between the radii 1s



NACA RM L52B06 . 27

o'
pra*(l - oy) = ——Fe\[o 2o (1 - 8y) = 0.578600"a0(1 - &y)

(l + L= 1)7_1
2 (B10)

Combining equations (B9) and (B1l0) to determine the reduction in maximum
mass flow C, due to flow curvature

2)5/ 1.0
5

Kmax
C=1-3.8643 7 u[

(B11)

B

The value of C 1is presented in figure 12 as functlion of s,.

The position of the sonic radius sg for any given radius ratio
may be found upon substitution of a* for V in equation (B8). Thus

The sonic radius 1s very close to the geometric mean radius such

that sg \js— and may be used to determine Kpsy to & good approxima-
tion for gases whose ratios of specific heats are other than L. L. Emex
determined by this method is shown dashed in figure 11, and its effect
upon masgs flow reduction is plotted in figure 12. The maximum error

in Kpgx vwhich occurs at the minimm radius ra:t;io for gases of ¥ = 1.3,

1.k, and 1.5 is l-Jé'-, 2, and 232—‘ percent, respectively.



o8 - NACA RM L52B06

APPENDIX C

CAICULATION OF THE MAXIMUM DESIGN ENTERING MACH

NUMBER FROM STARTING CONSIDERATIONS

Irmedistely preceding the starting of a particular passage, a
shock will span the inlet. After the shock has passed downstream through
the minimm section the rate of mass flow 15 unaltered. The inlei
opening for anmy Mach number can be obtained when the masa flow through
the circular passage is known. The maximum inlet design Mach number
for any particular circular passage will therefore be that maximum Mach
number for which the maximum rate of flow can be accommodated when the
normal-shock loss is taken into consideration.

The rate of mass flow for a developed vortex can be written as

1%
== PV dRr¥* (c1)
r* R *
or
* R. %
1° 1
-0 __ - OV o A
prav \L:*"*a*ﬂ L* ax & (c2)
and
<
A¥ (2L 2 o 1u2)7-1
A =M ( ) 5 M*)
and
i R* = L
¥
Rewriting equation (C2) gives . . . ... .
L
. *7+l_7..lM*2)7_1
e ) - asee (c3)
pXg¥r¥ b, * v
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When inlet and vortex flow parameters are equated

1
y+1 7-1 2)ﬁ
* - X
m___PeVele _ [ ( 2 2" ame (ck)
pXeXr®  pRakr¥ * MK
or
y + 1 Y -1 2
A * ( - M¥ )
e p¥a¥ 2 2
== amx (c5)
¥ pV, M
ele |y
\ 4 j’v" -
The area contractlon is 011:4 *" \{f"
N .t/ﬁ’t" < '
A '.-"/ ﬁ";x_ N N - ( R
Ry* - R¥ r{‘- Mo* - Mg*
e -—1_
+1 -1 ..2}r-1
_ prax ol as 10 (cg)
beVe i * M M* - My
let
A
M *Mu* % (7 + 1 Y 1 M*)')"'l
Q= = 2 o dpx (cT)
M~ - My Ml*

which is & function of the vortex surface Mach mumbers only. For
7y = 1.4

/

1

q = T EG _eB)2 (6 02)32 (6 w2
Mo% - Mp¥ 280 ¢ 28 / {—/ 1.555

= .
2.i5 + (6 - M*a)l/juu

(1.571 log

(cTe)
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thus the area contraction is

p¥a¥ c
A Q. (cTp)

The value of Q is given in figure 24 as a function of v; and wv.

The starting meximum contraction ratio (from reference 8) is
modified by the flow reductlion factor C so that starting contraction
ratio : } '

P3 A, _
C.R. =5 =l -c) . (c8)

P . ..
where ?i is the total-pressure recovery through a normal shock and
(o}

2% is egqual %o 2*3* and both are a function of inlet Mach mumber M,.
e¥e

Equating (CTb) and (C8) to determine the maximm design value of
such that the contraction is equal to the starting contraction ratic gives

P3
1-¢C Pb

Since

Po 2. M2

R (el

has been tabulated as a function of M in reference 6 the maximum
design Mech number for which the section will start can readily be

obtained.
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TABLE T
MACH NUMBER, MACH ANGLE AND RADIUS RATIO AS FUNCTION
OF v FOR 7 = 1.4%0
v M M M* R¥* v B M Mx* R¥
0.0} 90.00 [1.000| 1.000 |1.00C 15.0{ 38.55| 1.605| 1.428 [ 0.7003
.11 79.46 |21.017 | 1.01% | .9862 || 16.0| 37.61{ 1.639| 1.448 | .6906
21 76,75 |1.027 | 1.023 | .9775 |} 17.0] 36.72| 1.673 | 1.467 | .6817
-5172.10 1 1.051 | 1.0k2 | .9597 {| 18.0| 35.87| 1.707| 1.486 | .6729
1.0 67.57 | 1.082 | 1.067 | 9372 (| 19.0] 35.06] 1.741| 1.505 | .6645
1.5 | 64.45 1,108 1.088 | 9191 || 20.0 | 34.29f 1.775]| 1.523 | .6566
2.0 62.00 | 1.133 | 1.107 | .9033 || 22.0| 32.83| 1.84L | 1.559 | .6L1L
2.5159.95|1.155| 1.12k | .8897 || 24.0| 31.49( 1.915| 1.593 | .6277
3.0(58.18 [1.1277 | 1.1h1 | .8764 || 25.0| 30.85| 1.950| 1.610 | .6211
3.5156.61 {1.198 | 1.157 | .8643 [] 26.0| 30.23| 1.986 | 1.627 | .6146
4.0]55.20 {1.218 | 1.172 | .8532 ]| 8.0 29.05| 2.059 | 1.659 | .6028
4.5 153.92 |1.237 | 1.186 | .8432 |} 30.0| 27.96| 2.134 | 1.691 | .591k
5.0 |52, 7h [1.257 | 1.200 | .8333 || 32.0 | 26.90| 2.210} 1.722 | .5807
6.0 |50.62 | 1.29k | 1.227 | .8150 || 3%.0| 25.91] 2.289 1.752 | .5708
¥.0 | 48.75 11.330 | 1.252 | .7987 || 35.0 | 25.43| 2.329 | 1.767 | .5659
8.0 | ¥7.08 [1.366 | 1.277 | 7831 || 36.0 | 24.96| 2.369 | 1.781 | .5615
9.0 | 45,57 | 1.h00 | 2.300 | .7692 || 38.0 | 2k.07| 2.452 | 1.810 | .5525
10.0 | 44,18 {1.435} 1.323 | .7559 || 40.0 | 23.21 | 2.558 1.838 | .5kh1
11.0 | 42.89 | 1.469 | 1.345 | .7435 || 45.0 | 21.21 ] 2.76L4 | 1.905 | .5249
12.0 | ¥1.70 {1.503 | 1.367 | .7315 |} 50.0 | 19.39} 3.013 | 1.967 | .508L
13.0 | 40.58 [1.537 ] 1.388 | .7205 || 55.0 | 17.71] 3.287{ 2.025 | ..938
1%.0139.54 [1.571]1.%08 | .7102 {| 60.0{ 16.16| 3.594 ( 2.080 | .4808
W
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TABIE IT
COORDINATES OF TRANEITION SECTTORS FOR CONVEX EIADE PASSAGE 7 = 1.kO

-8 | Ve ~X% | Y* -§ | Ve l -X# ] ™ -4 | ve | —X* ™
vy = ho° Wy = 36° Y- 3g°
o ko [o] 0.5kk1 [} 36 o) 0.861h 5 27 0.0959 0.5766
1 39 .0186 .sh3g 1 35 0191 .5612 (3 26 L1140 5Tho
2 38 -0370 T Sh3k 2 kN -0380 5607 T 25 -1318 5728
3 37 -o5hg 5426 3 33 0565 559 8 ok .1hg2 <5705
L % .0T2% . L 32 OThs . 5588 9 23 .166% 5680
5 35 089k . 5 31 092k 557k 10 22 .1833 5651
6 3h 1081 .5386 6 30 -1097 5558 n o1 2000 5621
T 33 1226 . i 23 -1268 5538 12 20 -2163 5587
8 32 -1388 5346 8 28 <136 5516 13 19 -2325 S5
9 n L1546 .5323 9 27 L1601 .5k91. 1k 18 248k 013
10 30 .1Tor -Se9T 10 26 176k .5k6k 13 17 .26%0 kT3
11 29 -1855 5268 11 25 192k .5k35 16 15 2795 -5h32
12 28 -2007 -5238 12 a2 . .5%03 iT 15 .29k5 5389
13 e7 215 <3205 13 23 2237 -5368 18 1k -3093 .53k2
1k 26 .230k <5169 1% 22 2391 .5331 19 13 -3239 5293
15 -] .2k50 5132 15 21 25k 5292 20 12 .3382 H2kp
16 2k -2993 -5092 15 20 2690 5251 21 11 35722 <5190
17 23 .2735 .50%0 17 19 .2838 5207 2 10 .3658 5137
18 22 2876 3005 18 18 .2983 62 23 9.| -3789 .5082
19 21 -301% .ligsg 19 17 .3126 511k oh ) -3915 - 5027
20 20 .3152 911 20 16 .3267 . 5064 25 T Jio35 1973
21 19 .3286 . 21 15 .3h06 5012 26 [ ks 4920
22 18 .3519 . 2 1k .35k2 k958
23 17 3551 753 23 13 3675 -k503 vy = 30°
2k 16 .3706 . 2k 12 . .k8k6
25 15 .3839 BTl 25 1 . w788 [+] 30 4] 0.5913
26 1k .3959 s69 26 10 . k729 1 29 .0203 L5911
27 13 .h0356 520 =14 9 17T R 2 28 .cho3 -5906
20 12 3176 Jxs8 28 8 . 4610 3 27 0598 -5898
2 ha -h293 -l39h 29 T -h399 k551 L 26 -0792 .5886
30 10 IhoT -h330 » 6 - . 5 25 -0580 5871
3L 9 J51T . 3 2k L1163 585k
32 8 be2 . w = 3%° T 23 J134k -5833
33 T h120 RIE:) 8 22 Jd3e2 5809
34 6 . . 8] kL3 o a.5707 g 21 -1697 5783
1 33 0196 5T05 10 20 .1869 515k
vy = 38° 2 32 .0389 «JT00 11 1g -2039 5723
3 31 -O5TT 5692 12 18 2207 5669
a 38 o 0.5525 k 30 0761 -5681 13 17 -2371 -56%2
1 37 .0190 5523 5 29 ogh2 5667 1k 15 .2533 -561%
2 36 L0375 -5519 6 =8 1119 5650 15 15 .2692 5573
3 35 - 351 T 27 -1293 5630 16 1k 2858 5529
L 3k . -5500 8 26 1564 5607 17 13 -3001 .5kBk
3 33 - -5486 9 =) .1633 5582 18 12 3130 SR3T
6 32 - 5470 10 ek .1798 55 19 1% -3297 .5388
T 31 .12k .5E51 1 23 L1961 5Eek 20 10 .3h33 5350
8 30 .1510 .5hog 1z 22 2122 5492 21 9 .3570 .5288
9 29 1572 5405 13 21 2277 -ShsT 22 8 .3710 -5233
10 28 1732 .5378 1k 20 .2k33 .5h20 3 T .3835 ;81
11 27 . -534g 15 19 .2591 5379 6 -3953 3
12 26 .20h3 .5318 16 18 27h2 .5337 S
13 25 -2196 . 17 17 . -3293 ¥ = 2B
1h 2k 2346 5248 18 16 .3039 5246
15 23 2495 5209 19 15 3188 . o 28 [+ 0.6026
16 22 K- T 5169 20 1h -3327 .51kT 1 27 .020T 602k
17 21 .2786 5126 21 13 .3k66 . 2 26 .Oh11 6019
18 20 2928 5081 22 12 .3602 50k2 3 25 L0811 .6010
19 19 -3069 -503% 23 L -3736 . k 2h 0806 -5998
20 18 .3208 .lig8s 2k 10 .3865 1930 5 23 .0998 -5983
21 17 -3346 -h933 25 9 3990 4873 6 22 1186 -55965
22 16 .3481 .188o 26 a Ano 4816 T 21 L1372 Sohk
23 15 3614 -18as 27 T he23 7159 8 20 1353 -5920
2h 1k 375 768 8 6 328 k705 Ed 19 1732 580k
25 13 . Jno 10 18 .1908 . 566k
26 12 23997 k650 vy = 32° 1 17 .2081 .5832
27 21 .hl120 589 12 15 2251 5797
28 10 5238 28 ¢} 32 |o ©.5807 13 15 .28 5760
29 9 4353 - 1 31 .0199 5805 1k 1k 2582 ST
30 8 562 bl 2 3o .039% - 15 13 2753 5679
n T 4565 -43h3 3 29 -0587 3792 16 12 -2500 5636
32 6 - 1285 k =8 .aT75 -5T8L 7 | n -305% 5560
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TABLE IIT

COCRDINATES OF TRANSTTION SECTIORS FOR CONCAVE BLADE PASSAGE 7 = L.ho

$ | v | o | = ]| = | = [g]wl
vy =0° v =2 W =6°
s} o] [+] 1.0000 0 2 [s] 0.9035 10 15 0.3223
0.2 0.2 . 0118 1.0000 1 3 .0326 .9032 1 7T .3588
c.k 0.k .0192 9999 2 4 L0667 9023 12 18 .3962
0.6 0.6 0260 -9999 3 5 .1028 .9008 13 19 -h3k6
0.8 0.8 <0347 -9998 1 6 J13TT -8986 1k 20 J47h0
1.0 1.0 0607 9992 5 T .17Th3 8957 15 21 .51k6
2.0 2.0 .0953 .9983 6 8 .2118 8921 16 22 .556%
3.0 3.0 .1302 9967 T 9 -2599 -8878 17 23 599k
k.o k.o A7k 9965 8 10 . .8826 18 2k .6438
5.0 5.0 .218% -9930 9 1 .3285 8767 19 25 -6897
6.0 6.0 .2632 .9862 10 12 . 8659 20 26 -T3TL.
7.0 7.0 .3086 .6810 1 13 1ok 8622 21 27 7861
8.0 8.0 .3546 -9750 12 1k 4508 .8536 20 28 8369
9.0 9.0 ho15 9680 13 15 N .8%ko 23 29 8896
10.0 10.0 Jkhgy .9850 1% 16 . .8333
11.0 11.0 k915 9522 15 7 .5863 8215 v =89
12.0 12.0 .5h09 -9%20 16 18 6332 8085
13.0 13.0 5575 -9295 7 19 . .691% .T9h2 4] 8 o
1%.0 1%.0 RIT-1Y 9171 18 20 -T279 -TT93 1 9 .0278
15.0 15.0 -T025 .9033 ‘19 21 . . 2 1o 0562
16.0 16.0 STBTL .8882 20 22 .83hh .Th28 3 11 .0853
17.0 17.0 .8132 .8716 21 23 . T22k 13 12 1150
18.0 18.0 8107 8534 22 2h .9h50 .T003 5 13 .1%53
19.0 19.0 -9299 -8336 23 25 1.0031 -6762 6 1k 176k
20.0 20.0 9909 .8120 ok 26 1.0632 6501 T 15 .2081
21.0 21.0 1.05k0 .788% F-v] 27 1.1256 6216 8 16 .2ko6
22.0 22.0 1.1392 ~T627 26 26 1.190k 5907 9 1T 2739
23.0 23.0 1.1865 7348 27 29 1.25T6 S5TL 10 18 .3080
2k.0 2k.0 1.2560 R 11 19 .3k30
25.0 25.0 1.3309 670k vy = k° 12 20 -3788
26.0 26.0 1.4059 .6346 13 21 h157
27.0 27.0 1.4810 5972 +] i 4] 0.8536 hH's 22 A537
28.0 28.0 1.5617 5552 1 5 -0305 .8533 15 23 kgt
29.0 29.0 1.655T7 5095 2 6 .0619 . 16 2% .5331
3 T .09k .8511 a7 25 STh6
vy = 1.0° s 8 .12T2 .8ka1 18 2% 6173
5 9 - . 19 27 6617
o 1.0 o 0.93Th 3 1o .195% .8k31 20 28 .T076
0.2 1.2 00662 937k T 11 . .8391 a1 29 1552
o.k 1.k .013k3 -937h 8 1z . .83hk
0.6 1.6 02036 -9373 9 13 .3033 8289 vy = 10°
.8 1.8 .02738 <9373 10 1k .3h07 K: -3
1.0 2.0 .0k165 -9370 1 15 .37192 815k 0 10 [}
2.0 3.0 L0709 .9362 12 16 .88 80Tk 1 I1 0269
3.0 5.0 . . 13 17 4593 . 2 12 0542
k.0 5.0 .1h67 9322 1% 18 .5008 . 3 13 .0821
5.0 6.0 .1857 -9291 15 19 -Shak TTTS x 1k .1106
6.0 T.0 . 9253 5 20 . -T653 bl 15 -1399
1.0 8.0 . 9207 17 21 .6323 -T519 6 16 .1698
8.0 9.0 .3070 -9153 18 22 . -T372 T 7 2004
9.0 10.0 .3489 .9090 19 23 .T26T -T212 8 18 .2316
10.0 11.0 .3918 .9019 20 o4 STT6L <TO3T 9 19 266
1.0 12.0 4355 .8938 21 25 8272 6846 10 20 2972
12.0 13.0 .1800 88LT 22 26 .8802 6637 1 21 .3310
13.0 k.0 .525T B7h6 23 27 .93%0 6410 12 22 .365;
k.0 15.0 5725 -8633 2k 8 .9918 .6163 3 23 .kooT
15.0 16.0 6204 .8509 25 29 1.0507 -509h 1k 2k 537k
16.0 1T.0 .6697T 8373 15 25 LTTh
17.0 18.0 -7203 .8223 vy = 6° 16 26 -5165
18.0 13.0 -7233 8059 17 27 5550
19.0 20.0 8259 . 7880 o [ o 0.8152. 18 28 5967
20.0 21.0 . -TE8k 1 T -0290 -8150 19 29 -6399
21.0 22.0 - .9381 ~THTL 2 8 0587 .81h2 20 30 6848
22.0 23.0 9969 -7239 3 9 -0891L 8129 21 k11 T3
23.0 2k.q 1.05T8 . .6987 § 10 .1203 .8110 22 32 Tk
2k.0 25.0 1.1208 .6713 5 31 1522 808k 23 33 8296
25.0. 26.0° 1.1860 6416 6 12 1847 .8o53 24 3k .8820
26.0 27.0 1.2288 6093 T 13 2178 8015 25 35 9365
27.0 28.0 1.3241 57he 8 1% 2518 7970 26 36 .993k
28.0 29.0 1.3970 .5362 9 15 .2868 .T918 7 37 1.0529
28 38 1.1152
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TABLE IIT

COORDINATES OF TRARSITION SECTIORS FOR CORCAVE BLADE PASSAGE ¥ = 1.10 - Concluded

s lwlw [ o [o]w] =] =[4]n]m [ =
vy = 12° ' v =162 . . . v = 2°
0 12 0 0.7317 6 22 | 0.154k9 0.6824 0 22 [§] 0.6416
1 13 .0259. .T315 T 23 .1829 6792 1 23 .0228 651k
2 14 .0523 .7308 8 2k .2116 L6754 2 2% .ol59 .6408
3 15 .0793 .T7296 9 25 2411 L6710 3 5 0697 .6398
i 16 L1069 . -T279 10 26 271k 6659 i 26 .0939 .6383
5 17 L1351 7257 11 27 .3027 L6601 5 27 1188 .6363
6 | 18| .16ko 7229 || 12 | 28 3349 .6536 6 | 28 J1lhy .6339
T 19 .1936 7195 || 13 29 .6k62 T 29 1706 6309
8 20 2238 L7156 || 1k 30 loe3 .6380 8 30 .1976 6273
9 { a1 2549 7109 | 15 | 31 | .u378 6288 9 | 3 .2254 6232
10 22 .2868 7056 16 32 Tlh6 6186 10 32 2541 .6183
1.} 23 .3195 . 17 33 5127 1 33 .2838 .6128
12 24 .3532 .6926 18 3k 5502 5948 12 34 . 3144 . 6066
13 | 25 .38719 6849 I 19 | 35 .5933 S8l 13 | 35 .3460 5996
ik | 26 Jhe3r 6763 || 20 .6361 . 5659 14 | 36 .37%9 5917
15 27 he06 | L6668 21 aT .6809 5hg2 15 37 Jdge .
16 28 48T .6562 o2 . T275 .5308 16 38 4488 5729
17 29 .5381 .6h45
18 | 30 .5789 6317 v = 18° v, = 26°
19 31 6212 6175
20 32 .6651 6020 o] B0 0.6729 0 26 2} 0.6147
21 33 .7108 1 19 .0239 - 6727 1 27 0218 6145
22 3L .7583 5661 2 20 .oy 6721 2 28 .okl .6139
23 35 . 5457 3 21 0729 .6T10 3 29 L0668 .6130
24 36 8592 5232 L 22 0984 6694 4 30 .0901 .6115
25 37 .9132 - kg86 5 23 L1243 66Tk 5 N L1181 6096
26 .969T kT [ 24 .1509 .6648 6 32 .1383 .6073
T 25 .1783 L6617 7 33 L1642 60oLL
vy = 14° 8 | 26 . 2061 580 8 | 34 .1503 .6009
9 27 2352 . 6537 9 35 2172 5969
0 ik o] 0.7102 0. | 28 .26k9 T 10 36 2451 5922
1 15 0252 _1 .T100 1t 29 .2955 6430 11 ki 27k .5868
2 16 .0509 .T053 12 30° .3271 .6366 12 30h1 .5807
3 17 LOTTL 082 || 13 31 3597 6294
L | 18 .1038 L7065 || 1k | 32 | .393k .6213 vy = 30°
5 19 .1312 .Tolh 15 33 ho8h .6122
6 20 .1592 L7017 16 3k ekt .6021 o 30 0 0.5913
T 21 .1879 . 17 35 5022 .5910 1 31 .0210 5911,
8 29 217k 6945 18 36 .5h1k .5786 2 32 .oh23 5805
9 23 276 6900 19 37 .5822 - 5650 3 33 .0642 .
10 2k L2787 .6848 20 38 6ohT .5hk99 4 34 .0868 5881
11 25 .3106 6769 21 39 <5337 5 35 .1098 5863
12 26 L3435 6722 6 -1337 5840
13 | o1 .37Th 6657 v = 20° 71 371 .1584 .5812
1k 28 ok 6563 8 .1839 .5TT8
15 29 1485 6469 0 20| o 0.6566 9 39 209h .5Tho
16 30 1858 6365 1 21 .0233 6564
17| 31 .5245 .6251 2 | 22| .o&70 -6558 vy = 34°
18} 32 .5648 . 612k 3 23 o712 .654T
19 33 6065 5984 4 2l .6532 o 3k 0 0.5707
20 34 6496 5831 5 25 1214 .6512 2 35 .0202 5705
21 35 6946 5663 6 26 ALY L6487 2 36 .0hog ;go
22 36 This 5478 T 27 1743 6456 3 37 .0622 1
23 37 5275 8 28 . 2017 6420 k 38 0842 5677
2l 8hg »5051 9| 29 2300 .6378 5| 39 1058 5660
10 30 2591 .6329
vy = 16° 1 31| .2892 62713 vy = 36°
12 32 .3203 6210
o[ 16 0 0.6907 || 13 33 .3525 6139 o 36 | o 0.561k
1 17 .02h6 6X5 1k 34 .3858 1 37 0212 .5612
2 18 .0Lg5 L6898 1 15 354 .heos 2 38 .0418 5607
3 19 .0Th9 6887 |I' 16 36 1560 5870
L 20 .1009 L6871 17 37 .4933 .5T60
5 21 .1276 6850 18 38 .5322 5637




TABLE IV

WEIGHTED AVERAGE PRESSURE RECOVERIES (PERCENTAGE)

(a) Blade T

Source

Pregpure recovery

Entire span

1.20 inches from wall
1.00 inches from wall
0.80 inches from wall
0.60 inches from wall
0.40 inches from wall
0.20 inches from wall

88.0
89.3
9%.9
90.6
85.0
81.4
8k.6

(c) Blade IIT

Source

Prespure recovery

(b) Blade II

Source

Pressure recovery

Entire span

1.13 inches from wall
0.93 inches from wall,
0.73 inches from well
0.53 inches from wall
0.33 inches from wall
0.13 inches from wall

87.6
84.8
90.5
89.5
81.3
87.k
90.1

Entire span

1.13 inches from wall
0.93 inches from wall
0.73 inches from wall
0.53 inches from well
0.33 inches from wall
0.13 inches from well

87.8
85!8
85.6
8k4.6
87.1
90.8
91.0

(d) Blade IV
Bource Pressure recovery
Entire span 86.9
1.20 inches from wall 88.7
1.00 inchea from wall 88.6
0.80 inches from wall 81.8
0.60 inches from wall 83.2
0.40 inches from wall 92.0
0.20 inches from wall 85.3
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alm of vortex flow.

Figure 1.- Supersonic re
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Figure 2.- Geometry of vortex field.
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Figure 3.- Characteristic line network for supersonic vortex flow according
to A. Busemann. ¥ = 1.40.
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—— — ——expansion waves
compression waves

Figure k4.- Comstruction of transition arcs.
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Figure«5.- Construction of typicel symmetrical blade section.
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Figure 7.~ Variation of solidity with turning angle for special case where
1
Ve = E(Vu + Vl),
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(c) vy = 0.
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(a) Bubsonic axial velocity component, externsl waves.
Figure 9,- Methods of incressing section thickness,
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Undistwbed flow
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(b) Flow geometry for externsl waves.

Flgure 9.- Continued.,
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(c) Subsonic sxisl-velocity~component (d) Supersonic
shock originating on concave surface,

Figure 9.- Concluded,

axiel-veloeity component,
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Figure 10.- Dlagram of flo

w in the chennel at the instant immediately
before stearting.
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—— — — Kpox determined by geometric method
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Figure 11.- Value of Kmax as function of radius ratlo for 7 = 1.h0.
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Figure 12.- Reduction in maximum mess flow as function of radius rstio
for 7 = 1.40.
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Figure 15.- View of test section with one side wall removed.
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Figure 16.- Cloge up of blade I showing the static-pressure orifices and
seratches,
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Figure 17.- Pressure distribution along concave and

convex surfaces,

94

2
3

QOERCT W




Figure 17.- Concluded.

B
o
o r 6] o
, O \ 5 f o e \n
/ | \ F L \
/ Y \\
O Convex surface \ G /O D Gonvex surfoce \
O Concave surfoce O Concave surfoce
— Theoreflcod Q — Theorstical L
3 =
E. \ \
2] o d \ m]
a 2
s} m x ul
A . .
20 40 €0 80 100 0 2o 40 60 80
Percent chord Percent chord
(c)Blade IIl. (d) Blade V.

us

9OEECT W VOVN

ie




58 - - - - NACA RM L5ZB0O6

l.O > = -
Pl R ™ S g
E/ /ﬁ *'\\\\Q\
oL LA AR
"%, v |/ NE
/ A Inches from wall \ \ 5
6 / V4 o ng o
i/ A//A © .20 é? \ g
7 J 3
06 .05 10 15 .20 .25 30
Distance from convex surface, inches
(a) Blade |
1.0 P

b S S | *
/4 / | Pely
/A

S
P3 =]
P 81T % =
7]
Ny @
// Inches from wali 3
4 %/4 0 .93, v=14° 8
; A 53 y=14°
O U3, v=14°
2 ¢ .93,y = 15°
"o ! 2 3 4 5

Distance from convex surface, inches

(b) Blade IL ~NACA ~

Figure 18.- The variation of the stagnstion-pressure recovery near end
of psssage.
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Figure 18.- Concluded.
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a) Total-pressure tube 1n place.
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Figure 19.- Schlieren photographs of thg flow in the passage of blede I.
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(b) Totel-pressure tube removed.

Figure 15.- Contlnoued.
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(¢) Flexible wall moved closer to treiling edge of bledes,

. Figure 19.- Concluded.
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(a) we = 140,

L-"72759
Pigure 20.- Schlieren photographs of the flow in the passage of
blede II.
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(b) Ve = 1500

Figure 20.- Concluded.
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(a) Possage not stsrted. ve = 149,
| L-72711
Figure 2l.- Schiieren photographs of the flow in the passage of

blade III.
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(b) Passege started, Vg

Figure 21,- Concluded.
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L~72743
Figure 22.- Schlleren photogrsphs of the flow in the pessage of blade IV.
Ve = 159,
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Flgure 23.- Schlieren photograph of the flow for sn incorrectly spaced
pair of blades.
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SECURITY INFORMAT 1ON
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_3.1176 01327 7 8321 _

DO NOT REMOVE SLIP FROM MATERIAL

Delete your name from this slip when returning material
to the Ifbrary.

NASA Langley (Rev. May 1988)

RIAD N-75



